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An algorithm for calculation of a spatial compressible turbulent boundary layer on the surface 
of a pointed body is developed. The algorithm is based on the numerical solution of three- 
dimensional equations and algebraic models of turbulence. The flow around a hypersonic aircraft 
model is calculated, and the resultant Stanton numbers are compared with experimental data. 
The influence of the Mach number, the angle of attack, and the Reynolds number on the 
boundary-layer parameters is studied. It is shown that the change in the location of the transition 
zone has a weak effect on the skin-friction coefficient in the region of developed turbulent flow. 

1. In the development of aviation and spacecraft technology, an important problem is the study of 
aerodynamic heating of the aircraft surface and the friction forces whose contribution to the total drag is 
quite significant, especially for a pointed body at small angles of attack. Two approaches are traditionally 
used to solve this problem: theoretical and experimental. Measurement results are usually considered to be 
more correct and are used, in particular, for verification of theoretical (numerical) methods, though direct 
experiments are rare, and the researcher has to choose a certain model of the phenomenon to calculate the 
desired parameter. The theoretical approach is constructed on the basis of a certain flow model, which fails 
to take into account all specific features of the phenomenon. In addition, since the use of numerical methods 
for solving complex systems of equations can introduce its own errors, verification of an algorithm requires 
a comparison of the results obtained by this algorithm with calculations based on different models and with 
experiments. 

One of the advantages of the theoretical approach is the possibility of calculating all the flow parameters 
simultaneously, whereas only one parameter is generally measured experimentally. Moreover, in hypersonic 
flow studies one should take into account that none of the wind tunnels existing in the world reproduces the 
full-scale stagnation temperature and, hence, does not fully simulate the thermal processes. The advantages 
of the numerical approach are also the simplicity of variation of the governing parameters (within the validity 
of the chosen model), the rapid obtaining of new results, and the low cost of calculations as compared with 
experiments. 

The most complete model that describes various flows is the model based on the full Navier-Stokes 
equations, which were used to obtain the flow around a number of bodies [1-8]. The first two papers are 
focused on two-dimensional flows around blunted bodies and airfoils, and the remaining papers deal with 
three-dimensional flows. Isolines and pressure distributions over the body surface are presented in all papers 
as the numerical results, and only Radespiel and Swanson [2], Herrman et al. [3], and SchrSder and Hartmann 
[5] give skin-friction coefficients or Stanton numbers. The latter, however, are not compared with the results 
of other authors and experiments, and this is not incidental. 

The system of the full Navier-Stokes equations is elliptical, and marching methods of calculation 
relative to any physical variable are incorrect for it. A fourth variable, the time, is usually added for 
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convenience. The problem becomes parabolic and is solved by the pseudo-transient method, but only advanced 
supercomputers can cope with this four-dimensional problem for spatial bodies. 

In solving the Navier-Stokes equations for flows with real Reynolds numbers (10r-10s), large gradients 
of the flow parameters near the wall should be taken into account. A precise calculation of turbulent flow 
requires not only several dozens of points of the difference scheme across the boundary layer, but also several 
points (4-6) in the laminar sublayer. Only in this case is it possible to obtain skin-friction coefficients and 
Stanton numbers on the surface with an acceptable accuracy. However, this condition imposes stringent 
requirements on the number of steps and extension of the normal coordinate and is not always observed. 
Obviously, that is why most papers demonstrate the general pattern of the flow and the pressure distribution 
over the surface, since these results are the least sensitive ones to the mentioned requirement. Practically no 
one takes the risk of comparing the skin-friction coefficients and Stanton numbers with experimental data in 
the above-mentioned papers. 

Apart from the full Navier-Stokes equations, parabolized (simplified) Navier-Stokes equations where 
viscous terms along the marching coordinate are omitted [9-12] and viscous shock-layer equations with 
viscous terms only normal to the surface are left [13-17] are frequently used to calculate spatial flows. 
The advantage of these approximations (conservation of all term~ of the Euler equations) turns out to be 
simultaneously their drawback. These equations remain elliptical in the near-wall subsonic regions, which 
allows an upstream propagation of the perturbations. Thus, the marching method can be used only after 
applying some "regularization" in the near-wall region. It remains unclear, however, what errors are introduced 
by "regularization" to the flow parameters in this region, in particular, to skin-friction coefficients and Stanton 
numbers calculated by differentiation of velocity and temperature profiles in the near-wall region. 

The requirement concerning the number of points across the turbulent boundary layer and in the 
laminar sublayer for these models is also imposed in these papers, but not everywhere fulfilled. It seems that 
the calculated skin-friction coefficients or Stanton numbers are compared with experiments only in [13, 14, 17]. 

Another drawback of simplified Navier-Stokes equations is the absence of rigorous mathematical 
justification in the sense of a certain asymptotical theory. In addition, there is some arbitrariness in choosing 
the marching coordinate and, hence, the probability of some uncertainty in the solution, which cannot be 
estimated a priori. In this aspect, .the boundary-layer theory proposed by Prandtl [18] and justified by Van 
Dyke [19] is a rigorous asymptotic theory for high Reynolds numbers, and the higher the Reynolds number, 
the more accurate the description of a real flow. Because of their parabolicity, the boundary-layer equations 
can be solved by the marching method, and the requirement on the number of points in the crossflow direction 
is quite feasible even for medium-class computers, since the solution is constructed separately in a narrow 
near-wall region. 

The drawback of the boundary-layer model is that it cannot be used independently. The boundary- 
layer equations require all the flow parameters at the external boundary to be known, except for the normal 
component of the velocity, which can be found experimentally or numerically from inviscid calculations. The 
conditions at the external boundary should be determined very accurately, since their error increases with 
solution of the boundary-layer equations using these conditions. The wetted surface should be also described 
rather accurately by a certain smooth function with continuous second derivatives, which enter the coefficients 
of these equations. 

Based on the aforesaid, we chose the classical Prandtl model [18] to study the flow around a hypersonic 
aircraft. In this model, the flow between the body and the shock wave is divided into an inviscid region and 
a thin boundary layer. The Euler equations were solved for the first region and the spatial boundary-layer 
equations for the second region. 

2. There are some papers devoted to the study of a laminar boundary layer on pointed elliptical cones 
at high [20-24] and low angles of attack [25, 26]. For these bodies, experimental values of the Stanton number 
St were obtained [27]. For high angles of attack, the divergence line is typically located on the cone surface in 
the plane of symmetry, where the maximum values of the skin-friction coefficient cf  and St are observed. For 
small angles of attack, the divergence line can be located outside the plane of symmetry, and the maximum 
values of cf and St coincide with neither of them. A spatial flow around a pointed bielliptical body was 
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calculated by Vetlutsky [28], where it was shown that the divergence surface can disappear in the boundary 
layer, which is caused by the shift of the pressure maximum from the plane of symmetry to the side. 

Some papers are devoted to a laminar boundary layer on flat and shaped delta wings [29-36]. A 
turbulent boundary layer of the same geometry was calculated by Vetlutsky and Poplavskaya [37, 38]. The 
effect of the governing parameters was studied there, and the contribution of the friction forces to the total 
drag of the wing was evaluated. A turbulent boundary layer was experimentally studied for delta wings with 
sharp [39] and blunted [40] leading edges. 

A calculation algorithm for laminar and turbulent boundary layers on a pointed fuselage-shaped body 
was proposed in [41-43]. Experimental studies of a turbulent boundary layer on ogive-cylinder bodies at 
incidence were described in [44-47]. For the first time, a supersonic flow around the ELAC 1 model was 
calculated using the viscous shock-layer model [15], but the distributions of c I and St were not presented. The 
Stanton numbers on the surface of this model were measured in a shock tube for the Mach number M = 7 
[48] and in a supersonic wind tunnel for Mach numbers M = 1.5-2.5 [49]. 

3. The present study of a turbulent boundary layer was conducted on the forebody of the hypersonic 
aircraft model ELAC 1, which is a sharp bielliptical cone with a semi-apex angle of 15 ~ in the horizontal 
plane. The ratio of the cross-sectional ellipsis was 1 : 4 for the leeward side and 1 : 6 for the windward side, 
which corresponds to the semi-apex angles of 3.83 and 2.56 ~ in the vertical plane, respectively. 

The inviscid flow behind the shock wave was calculated using the Euler equations written in the 
divergent form and presented in the difference form by the method of finite volumes proposed by Roe [50]. 
In spatial approximation of the derivatives, we used the flux difference splitting approach [51] with account 
of the properties of disturbance propagation. The fluxes at the cell faces are calculated using van Leer's 
monotone upstream-centered schemes for conservation laws, which ensured the second-order accuracy and the 
suppression of oscillations at discontinuities (shock waves). In our calculations, we used a difference scheme 
fitted with the body surface, which was proposed by H~nel et al. [15] for solving the viscous shock-layer 
equations. The system of difference equations was solved by a nonlinear multigrid method with the Gauss- 
Seidel relaxation for smoothing. The calculations were performed on a Convex C3820 mini-supercomputer for 
Mach numbers M = 2.5, 4, and 7 and angles of attack from 0 to 15 ~ 

Figure 1 shows the distribution of the pressure coefficient cp on the body surface in the cross section 
~/L = 0.36 for Moo = 2.49 and different angles of attack. Here and in what follows, the abscissa axis shows 
the ratio of the transverse Cartesian coordinate y to the local half-span b with continuation behind the leading 
edge to the leeward side, where the value of y/b varies from 1 to 2. The pressure is almost constant on the 
windward and leeward sides, it changes abruptly only near the leading edge. For a = 9 ~ a barrel shock wave 
is formed on the leeward side (y/b ~- 1.2). 

The boundary-layer calculations are performed using the equations of a three-dimensional compressible 
boundary layer, which are written in the nonorthogonal coordinate system (~, 7/, () fitted with the body surface. 
The coordinate ( is measured from the body tip along some axis, 7/is the distance along the normal to the 
surface, and ( is the meridional angle in the cross section [41-43]. It is assumed that the body surface near the 
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tip can be approximated by a conical surface. In this case, the boundary-layer equations allow a self-similar 
solution, which depends on the variables ( and r//v/~ [25, 26]. This solution can be used as the initial data 
for the problem as a whole. The flow parameters obtained in the inviscid calculation of the flow around this 
body were set at the external boundary. The symmetry conditions were applied in the plane 6" = 0 if it was 
a divergence surface; otherwise, no conditions were needed. The other boundary ~" = ('k was always chosen so 
that the gas left the computational domain through this boundary; therefore, no conditions were set there. The 
boundary-layer equations were solved numerically using an absolutely stable second-order difference scheme, 
which was not fitted with the divergence surface [52]. 

For calculation of the laminar, transitional, and turbulent flows, the equations contained the total 
viscosity and thermal conductivity, in which turbulent coefficients were added to laminar coefficients with a 
certain intermittency factor r .  Four different algebraic models of turbulence were used for turbulent viscosity. 
The skin-friction coefficients calculated by each model were compared previously; the results were very close 
to each other [43]; hence, all these models can be used. It was also noted there that  the minimum number of 
nodes of the difference grid normal to the surface in a turbulent flow should be equal to 60. In the present 
work, it was equal to 60 and 80. 

The value of r varied from 0 to 1 depending on the parameter A = Re**./exp (0.2Me), where Re6.* is 
the Reynolds number based on the momentum thickness and Me is the local Math number at the outer edge 
of the boundary layer [38]. In the cited paper, the parameters of the transition beginning A1 and end A2 were 
chosen from the experiments for a delta wing and were equal to 150 and 350, respectively. Exactly these values 
of the transition parameters were used in the present calculations. The calculation algorithm for a turbulent 
boundary layer was tested on ogive-cylinder bodies at incidence [42, 43], where it was compared with the 
results of four experimental papers [44-47]. The calculated and experimental data are in good agreement for 
the velocity profiles and local Mach numbers, and also the distributions of the skin-friction coefficients and 
Stanton numbers. 

The study of the boundary layer on the ELAC 1 model began from a comparison with experiments 
performed for this model. The Stanton number distributions 

St = q ,l=o/PooVoocp(To - Tw) 

measured in a shock tube for Moo = 7, angles of attack from 0 to 15 ~ and the Reynolds number based 
on the model length Rex = 1.1 �9 106 are given in [48]. The calculation results obtained in the cross sections 
x / X  = 0.3, 0.45, and 0.6 using the algorithm described are also presented there. It is shown that the difference 
is less than 16% and the boundary layer is laminar on the entire surface. 

The other series of experiments on the ELAC 1 model was conducted in a supersonic wind tunnel of 
the Aachen Institute of Aerodynamics (Germany) for Moo = 1.5-2.5 and ~ = 0-9 ~ [49]. The specific feature of 
this wind tunnel is that it has no high-pressure plenum chamber, the air is sucked from the atmosphere, and 
the gas is exhausted to a vacuum chamber; thus, it should be expected that the level of perturbations in the 
test section of this wind tunnel is lower than in ordinary wind tunnels. For comparison with these experiments, 
the parameters of the laminar-turbulent transition A1 and A2 were chosen to be 250 and 550, respectively. 
In addition, the stagnation temperature of the flow was close to the temperature of the model surface. Hence, 
the denominator in the expression for the Stanton number was close to zero, and the calculated parameter 
w a s  

St + = qLl=o/PooUoocp(Tw - Too). 

The calculated values of St + (solid curves) and the experimental results (points) for Moo = 2.5, 
Rex = 7.1 �9 10 6, and different angles of attack in the cross section x / X  = 0.3 are compared in Fig. 2. 
The turbulent region is located on the windward side up to the values y/b = 0.5-0.7, and then the flow is 
laminar up to the leading edge. As the angle of attack increases, the increase in St + in the turbulent region 
as compared with the laminar region becomes more and more noticeable. A comparison shows satisfactory 
agreement between the theoretical and experimental results: the difference is less than 16%. 
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4. The  boundary-layer s tudy was performed for an enthalpy factor H~/Hoo = 0.565 and Rex = 3-106. 
The absolute value of the skin-friction coefficient c I versus y/b in several cross sections is shown in Fig. 3 for 
a = 5 ~ and Moo = 7. It can be seen that  the flow in the initial cross section x /X  = 0.2 is laminar everywhere; 
then it becomes turbulent  near the plane of symmetry  and the turbulent  region extends to the leading edges 
and reaches the value y/b = 0.3 in the last cross section. A narrow region of the laminar- turbulent  transition 
is adjacent to the turbulent  region, and then the flow is laminar everywhere up to the leading edges. 

The  decrease in the Mach number  to 4 induced a noticeable region of turbulent  flow near the plane of 
symmetry  already in the cross section z / X  = 0.2. Moving along the model axis, the turbulent  region becomes 
wider, and in the last cross section it approaches the value y/b = 0.8. The  flow remains laminar near the 
leading edges on the whole model. 

For Moo = 2.5, the turbulent  region occupies almost half of the ELAC 1 surfa~:e already in the cross 
section z / X  = 0.2; then it extends practically over the entire surface, and in the last cross section the boundary 
layer remains laminar only on the leading edge. 

The  ELAC 1 model  is a shaped delta  wing with rounded edges, which allows a comparison of the 
boundary-layer parameters for" this model with the calculations for a delta wing with sharp leading edges. 
Nevertheless, it should be noted that  the flow pat terns for these two cases are significantly different, especially 
near the leading edges. For the ELAC 1 model,  the shock wave is always detached; for a wing with sharp 
edges, the shock wave is a t tached at a certain angle of attack. However, as the s t ream filaments move away 
from the edges, their effect becomes weaker, and it can be expected that  the boundary-layer parameters will 
be close to each other in the vicinity of the plane of symmetry.  

To compare the above-said, the boundary-layer calculations were performed for a fiat delta wing with 
sharp leading edges for Moo = 7, a = 5, 10, and 15 ~ and equal values of the remaining governing parameters 
as for the ELAC 1 model. The  calculation algori thm was proposed by Vetlutsky and Poplavskaya [37, 38]. 
Since the local angle of at tack in the plane of symmetry  for ELAC 1 differs from the angle of at tack for a 
flat wing by 2.58 ~ the latter results were interpolated to the same local angle of attack. A comparison of 
the Stanton numbers and the skin-friction coefficients for three angles of at tack and y/b = 0 shows that  the 
difference is less than 3%. In Fig. 3, the results of interpolation for a triangular plate are marked by circles. 
This agreement between the calculation results obtained using two different algorithms and codes is one more 
confirmation of their reliability. 

Kovaleva et al. [39, 40] measured the Stanton numbers in longitudinal sections parallel to the plane 
of symmetry  at a distance of yl/bl from it (bl is the half-span of the model). Figure 4 shows the calculated 
values of c/  versus x ' /X for Moo = 4 and a = 5 ~ in the cross sections yt/bl = 0.2, 0.4, and 0.6 (here and 
in what follows, the x' coordinate is laid off from the leading edge). Since the body considered is close to a 
flat plate, the pressure on the lower surface varies weakly, except for the vicinity of the leading edges (see 
Fig. 1). Therefore, the boundary layer in longitudinal sections develops in a similar way. A small difference 
is observed only in the transitional region, but it practically disappears in the zone of developed turbulent  
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flow. It follows from here that the laws established for one longitudinal section can be extended to the entire 
windward surface of the model. 

The effect of the angle of attack on the boundary-layer flow is shown in Fig. 5, which shows the 
dependence of c I on the coordinate xl/X for Moo = 4, Rex = 3.106, and three values of a in the cross section 
yl/bi = 0.2. As the angle of attack increases, the transition region moves away from the leading edge, and the 
values of c I in the turbulent region increase significantly. Such a regularity was also observed in experiments 
[39, 40]. The calculation results for Moo = 4, r~ = 5 ~ and Rex = 1 �9 107 are shown by the dashed curve. As 

could be expected, the region of the laminar-turbulent transition shifts noticeably toward the leading edge. 
The value of c I in the developed turbulent region decreases by approximately 20%, which is not unexpected, 
since the dependence on the Reynolds number is rather weak for Re ~ 107. 

The skin-friction distributions c I for a = 5 ~ Rex = 3 �9 106, and different values of Moo in the cross 
section yl/bl = 0.2 are shown by the solid curves in Fig. 6. It can be seen that the coordinate of the beginning 
of transition increases by an order of magnitude as the Mach number increases by a factor of three. In addition, 
the twofold difference in c I in the laminar region decreases approximately to 20% in the region of developed 
turbulent flow. A similar dependence on the Mach number was noted in measuring the Stanton numbers [39, 

4O]. 
In each calculation of a turbulent boundary layer, the question about the location of the transition 

region and its effect on the calculation results in the turbulent region remains open; therefore, the variant for 
Moc = 4 was repeated, but the transition parameters AI and A2 were chosen to be 250 and 550, respectively, 
as in the comparison with the experiments of the Aachen Institute of Aerodynamics [49]. The resultant values 
of c I are shown by the dashed curve in Fig. 6. As could be expected, the beginning of transition shifts 
significantly more downstream, and the values of c/in this region are noticeably different. However, in the 
region of developed turbulent flow this difference is roughly 5%. Thus, the error in specifying the transition 

region has only a weak effect on the boundary-layer parameters in the developed turbulent region. 
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5. It is shown in the paper that three-dimensional boundary-layer equations have a number of 
advantages over the full and parabolized Navier-Stokes equations. Only by using these equations can the 
friction forces and aerodynamic heating of the surface of spatial bodies be exactly calculated without using 
supercomputers. 

The calculation algorithm for a three-dimensional boundary layer, which includes the suggested 
criterion of the laminar-turbulent transition, was fundamentally tested at first by comparing the calculated 
and experimental results. A subsequent study performed for a hypersonic aircraft model using the code 
proposed, allowed us to obtain data on the effect of the Mach number and the angle of attack on the flow 
parameters. An extension of the laminar-turbulent transition region from the plane of symmetry to the leading 
edges in the downstream direction is shown. The lower the Mach number, the faster this extension. An increase 
in the angle of attack leads to an increase in the skin-friction coefficient and Stanton number, whereas the 
coordinates of the transition region remain almost unchanged. A decrease in the Mach number also causes 
an increase in the above-mentioned parameters in the region of developed turbulent flow, but this increase is 
less significant. However, the transition region shifts substantially upstream in this case. 

The authors are grateful to Prof. E. Kranse for his attention and assistance in their work. 

R E F E R E N C E S  

~ 

2. 

3. 

4. 

5. 

6. 

7. 

8. 

. 

10. 

11. 

12. 

13. 

14. 

E. Laurien, M. Bohle, H. Holthoff, et al., "Numerical simulation of reentry flows near the continuum 
limit," in: Proc. 2nd Int. Conf. on Fluid Mech., Bejing (1993). 
R. Radespiel and R. C. Swanson, "Progress with multigrid schemes for hypersonic flow problems," 
ICASE, Report No. 91-89 (1991). 
U. Herrman, R. Radespiel, and J. M. A. Longo, "Critical flow phenomena on the winglet of winged 
reentry vehicles," Z. Flugwiss. Weltraumforsch., 19, 309-319 (1995). 
T. Eggers, R. Radespiel, M. Waibel, and D. Hummel, "Flow phenomena of hypersonic waveriders and 
validation of design methods," AIAA Paper No. 93-5045 (1993). 
W. SchrSder and G. Hartmann, "Detailed numerical analysis of hypersonic flows over a two-stage 
spacecraft," Comp. Fluid Dyn. J., 1, No. 4, 375--404 (1993). 
W. SchrSder and G. Hartmann, "Analysis of inviscid and viscous hypersonic flows past a two-stage 
spacecraft," J. Spacecraft Rockets, 30, No. 1, 8-13 (1993). 
M. A. Schmatz, "Hypersonic three-dimensional Navier-Stokes calculations for equilibrium gas," AIAA 
Paper No. 89-2183 (1989). 
M. A. Schmatz, "Three-dimensional viscous flow simulations using an implicit relaxation scheme," 
in: Notes of Numerical Fluid Mechanics, Vol. 22: W. Kordulla (ed.), Numerical Simulation of the 
Transonic DFVLR-F5 Wing Experiment (1988), pp. 226-242. 
T. B. Harris, "An efficient method for supersonic viscous flow field calculations," AIAA Paper No. 
83-0222 (1982). 
A. Lin and S. G. Rubin, "Three-dimensional supersonic viscous flow over a cone at incidence," 
AIAA J., 20, No. 11, 1500-1507 (1982). 
N. C. G. Markatos, D. B. Spalding, D. G. Tatchell, and N. Vlachos, "Solution method for three- 
dimensional turbulent boundary layers on bodies of arbitrary shapes," Comp. Math. Appl. Mech. 
Eng., 15, No. 2, 161-174 (1978). 
Y. C. Vigneron, J. V. Rakich, and J. C. Tannenhill, "Calculation of supersonic viscous flow over delta 
wings with sharp subsonic leading edges," AIAA Paper No. 78-1137 (1978). 
W. B. Sturek and L. B. Schiff, "Numerical simulation of steady supersonic flow over spinning bodies 
of revolution," AIAA J., 20, No. 12, 1724-1731 (1982). 
W. SchrSder and G. Hartman, "Implicit solutions of three-dimensional viscous hypersonic flows," 
Comput. Fluids, 21, No. 1, 109-132 (1992). 

105 



15. 

16. 

17. 

18. 

19. 
20. 

21. 

22. 

23. 

24. 
25. 

26. 

27. 

28. 

29. 

30. 

31. 

32. 

33. 

34. 

35. 

D. Hgnel, A. Henze, and E. Krause, "Supersonic and hypersonic flow computations for the research 
configuration ELAC 1 and comparison to experimental data," Z. Flugwiss. Weltraumforsch., 17, 
No. 2, 90-98 (1993): 
I. G. Brykina and E. A. Gershbein, "Hypersonic viscous shock layer on swept wings of infinite span 
at incidence," lzv. Akad. Nauk SSSR, Mekh. Zhidk. Gaza, No. 2, 91-102 (1979). 
I. V. Vershinin, G. A. Tirskii, and S. V. Utyuzhnikov, "Supersonic laminar flow over the windward 
side of swept wings of infinite span in a wide range of Reynolds numbers," Izv. Akad. Nauk SSSR, 
Mekh. Zhidk. Gaza, No. 4, 40-44 (1991). 
L. Prandtl, "~Iber die Flussigkeitbewegung bei sehr kleiner Reibung," in: Verhandlung III Int. Math. 
Kongress, Heidelberg (1904), pp. 484-491. 
M. Van-Dyke, Perturbation Methods in Fluid Mechanics, Academic Press, New York-London (1964). 
V. A. Bashkin, "Calculation relationships and codes for numerical integration of the equations of a 
spatial laminar boundary layer on conical bodies," Tr. TsAGI, No. 1106, 97-160 (1968). 
V. A. Bashkin, "Laminar boundary layer in a compressible gas with a conical external flow," Tr. 
TsAGI, No. 1093, 1-78 (1968). 
V. A. Bashkin, "Heat transfer on pointed elliptical cones in a supersonic flow at high angles of attack," 
Izv. Akad. Nauk SSSR, Mekh. Zhidk. Gaza, No. 1, 84-88 (1969). 
V. A. Bashkin, "Results of numerical analysis of the first class of self-similar spatial flows," Tr. TsAGI, 
No. 1448, 17-35 (1973). 
V. A. Bashkin, Delta Wings in Hypersonic Flow [in Russian], Mashinostroenie, Moscow (1984). 
V. N. Vetlutsky and V. L. Ganimedov, "Numerical solution of the boundary-layer problem on an 
elliptical cone," in: Numerical Methods of Continuum Mechanics (collected scientific papers) [in 
Russian], Vol. 8, No. 5, Inst. of Theor. and Appl. Mech., Sib. Div., Acad. of Sci. of the USSR (1977), 
pp. 36-47. 
V. N. Vetlutsky and V. L. Ganimedov, "The investigation of a compressible laminar boundary layer 
past an elliptical cone," Comput. Fluids, 10, No. 3, 173-179 (1982). 
G. V. Smygina and A. Ya. Yushin, "Experimental study in a shock tube at M = 13.6 of heat transfer 
to delta wing models composed of two elliptical semicones with different ellipticity," Tr. TsAGI, 
No. 1106, 44--67 (1968). 
V. N. Vetlutsky, "Computing the compressible laminar boundary layer on a pointed body of bielliptical 
section," Prikl. Mekh. Tekh. Fiz., No. 1, 55-61 (1991). 
G. A. Shchekin, "Numerical calculation of a three-dimensional boundary layer in the laminar and 
turbulent flow regions on the wing at hypersonic flight velocities," in: Experimental and Theoretical 
Studies of Aerodynamic Elements of an Aircraft and Its Fragments [in Russian], Izd. Mosk. Aviats. 
Inst., Moscow (1983), pp. 52-56. 
G. N. Dudin, "Interaction of hypersonic flow with a boundary layer on a thin delta wing," Tr. TsA GI, 
No. 1912, 3-10 (1978). 
G. N. Dudin, "Calculation of a boundary layer on a triangular plate in the strong viscous interaction 
mode," Uch. Zap. TsAGI, 9, No. 5, 65-70 (1978). 
G. N. Dudin and D. O. Lyzhin, "A method of calculation of the strong viscous interaction mode on 
a delta wing," Izv. Akad. Nauk SSSR, Mekh. Zhidk. Gaza, No. 4, 119-124 (1983). 
V. N. Vetlutsky and T. V. Poplavskaya, "Calculation of a laminar boundary layer on a flat triangular 
plate with supersonic leading edges," in: Numerical Methods of Continuum Mechanics (collected 
scientific papers) [in Russian], Vol. 13, No. 1, Inst. of Theor. and Appl. Mech., Sib. Div., Acad. 
of Sci. of the USSR, (1982), pp. 31-43. 
V. N. Vetlutsky and T. V. Poplavskaya, "Compressible laminar boundary layer on a delta wing with 
attached shock wave," Prikl. Mekh. Tekh. Fiz., 26, No. 5, 23-29 (1985). 
V. N. Vetlutsky and T. V. Poplavskaya, "Calculation of a compressible laminar boundary layer on a 
contoured delta wing with supersonic leading edges," Model. Mekh., 3(20), No. 6, 11-29 (1989). 

lO{i 



36. 

37. 

38. 

39. 

40. 

41. 

42. 

43. 

44. 

45. 

46. 

47. 

48. 

49. 

50. 

51. 

52. 

V. N. Vetlutsky and T. V. Poplavskaya, "Numerical calculation of a three-dimensional compressible 
laminar boundary layer on contoured delta wings with supersonic leading edges," Prikl. Mekh. Tekh. 
Fiz., 34, No. 5, 88-94 (1993). 
V. N. Vetlutsky and T. V. Poplavskaya, "Calculation of a three-dimensional turbulent boundary layer 
on delta wings," Model. Mekh., 6(23), No. 1, 23-36 (1992). 
V. N. Vetlutsky and T. V. Poplavskaya, "Computational analysis of a three-dimensional compressible 
turbulent boundary layer on the windward side of delta wings in supersonic flow," Prikl. Mekh. Tekh. 
Fiz., 35, No. 1, 68-74 (1994). 
N. A. Kovaleva, N. P. Kolina, A. P. Kosykh, and A. Ya. Yushin, "Results of experimental and numerical 
studies of aerodynamic heating of the lower surface of delta wings with sharp leading edges at Moo = 
6.1 and 8," Izv. Akad. Nauk SSSR, Mekh. Zhidk. Gaza, No. 4, 183-188 (1991). 
N. A. Kovaleva, N. P. Kolina, and A. Ya. Yushin, "Experimental study of heat transfer and laminar- 
turbulent transition of triangular half-wing models with a blunted leading edge in supersonic flow," 
Uch. gap. TsAGI, 24, No. 3, 46-52 (1993). 
L. M. Vetlutskaya and V. N. Vetlutsky, "Calculation of a three-dimensional compressible laminar 
boundary layer on a pointed body," in: Numerical Methods of Continuum Mechanics (collected 
scientific papers) [in Russian], Vol. 17, No. 5, Inst. of Theor. and Appl. Mech., Sib. Div., Acad. 
of Sci. of the USSR, (1986), pp. 25-42. 
V. N. Vetlutsky and E. Krause, "Berechnung dreidimensionaler kompressibler Grenzschichten an 
spitzen Korpern," in: Abhandlungen aus dem Aerodynamischen Inst. der RWTH, 30, Aachen (1990), 
pp. 60-63. 
V. N. Vetlutsky and E. Krause, "Calculation of three-dimensional, compressible boundary layers on 
pointed bodies and comparison with experiments," Z. Flugwiss. Weltraumforsch., 16, 308-316 (1992). 
L. G. Vasenyov, V. N. Vetlutsky, G. P. Klemenkov, and A. M. Kharitonov, "Investigation of three- 
dimensional laminar and turbulent boundary layers," in: Proc. IV All-Union School on Methods of 
Aerophysical Research (Novosibirsk, June 22-28, 1986), Novosibirsk (1986). 
C. C. Horstmen and F. K. Owen, "Turbulent properties of a compressible boundary layer," AIAA J., 
10, No. 11, 1418-1424.(1972). 
D. S. Dolling and W. K. Gray, "Experimental study of supersonic turbulent flow on a blunted 
axisymmetric body," AIAA J., 24, No. 5, 793-799 (1986). 
L. D. Kayser and W. B. Sturek, "Experimental measurements in the turbulent boundary layer on 
a yawed, spinning ogive-cylinder body of revolution at Mach 3.0, Part II: Data tabulation," in: 
ARRADCOM Memo, Report ARBRL-MR-02813 (1978). 
H. Olivier, J.-H. Schulte-RSdding, H. GrSnig, and V. N. Vetlutsky, "Measurements with the ELAC 
1-configuration at Mach 7," Z. Flugwiss. Weltraumforsch., 20, 53-60 (1996). 
A. Henze, E. M. Houtman, M. Jacobs, and V. N. Vetlutsky, "Comparison between experimental and 
numerical heat flux data for supersonic flow around ELAC 1," Z. Flugwiss. Weltraumforsch., 20, 
61-70 (1996). 
P. L. Roe, "Approximate Riemann solvers, parameter vectors and difference schemes," J. Comp. 
Phys., 43, 357-372 (1981). 
E. M. Houtman and W. J. Bannink, "Experimental and numerical investigation of the vortex flow 
over a delta wing at transonic speed," in: Vortex Flow Aerodynamics, AGARD CP-494 (1991), pp. 
5-11. 
V. N. Vetlutsky, "Laminar boundary layer on a fiat plate with rotating cylinder," Comput. Fluids, 9, 
No. 4, 427-434 (1981). 

107 


